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A Transonic Wing-Body Flowfield
Calculation with Improved Grid Topology

L. T. Chen,* J. C. Vassberg,| and C. C. PeaveyJ
Douglas Aircraft Company, Long Beach, California

A transonic wing-body flowfield computational method has been developed. The method uses an improved
grid topology, introduces a hybrid mapping/numerical grid-generation scheme, and incorporates new artificial
viscosities and shock-point operators into existing multigrid finite volume codes. The improved grid topology
yields better fuselage geometry definition and a more nearly orthogonal mesh distribution than existing grid
topologies. The hybrid mapping/numerical grid-generation scheme applies a conformal mapping procedure in
the far field and a nearly orthogonal numerical scheme in the near field. The scheme is general, efficient, and
generates nearly orthogonal grid systems in both the far and near fields. Both the use of the multigrid method in
the flow solver and the improvement of mesh orthogonality in the grid generation reduce the number of iteration
cycles required for a converged flow solution. Nonconservative and partially conservative artificial viscosities
and shock-point operators incorporated into the flow solver improve the prediction of shocks.

Introduction

SIGNIFICANT progress has been made in developing
transonic flow computational methods for solving the

full potential equation. The finite volume algorithm of
Jameson and Caughey1'2 improves the capability to handle
complex geometries, while the incorporation of the multigrid
scheme3'4 improves the computational efficiency. However,
difficulty still exists in developing a general and reliable grid-
generation scheme for realistic wing-body combinations. For
example, FLO-28,1 despite its reliability, does not map the
crown line, the intersection of fuselage and symmetry plane,
to a coordinate line. This results in undesirable pressure
oscillations calculated along the crown line. FLO-30,2
despite its better representation of fuselage cross sections, in-
troduces a singular line upstream of the fuselage nose,
resulting in an unrealistic modeling of the fuselage nose.
Both FLO-28 and FLO-30 apply a sequence of mapping and
shear transformations to generate grid systems in the
flowfield. This process is tedious because of the need to
work with different aspects of mapping singularities and is
generally restricted to simple wing-body combinations. More
general numerical grid-generation schemes have been
developed by mapping the crown line to a coordinate line
with improved flow solutions obtained in the corresponding
modified versions of FLO-28.5'6

The grid topologies used in FLO-28 and also in Refs. 5
and 6 consider the fuselage surface and the vertical symmetry
plane being mapped to the same coordinate surface such that
an existing wing-alone code can be modified easily to include
the fuselage effect. This results in highly distorted meshes
near the crown line, and also unnecessary clustering of mesh
points in the far field. In this paper, an improved grid
topology is introduced that is similar to the FLO-30 grid
topology without the singular line. A hybrid map-
ping/numerical grid-generation scheme is developed, and the
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multigrid flow solver of FLO-30 is modified to compute the
flowfield based on the new grid. A second-order scheme of
Chen7 is incorporated for calculating fully and partially con-
servative solutions. A nonconservative scheme, using a
similar upwind differencing in supersonic regions as in
FLO-22,8 is also included. Solutions have been obtained for
a wide range of wing-body configurations. Typical solutions
are presented and discussed.

Modeling of Wing-Fuselage Geometries
In the application of the present finite difference scheme,

the geometries of the wing and fuselage surfaces are
represented by a fixed number of grid points on boundary
planes. In order to model the wing-fuselage geometries ac-
curately, the fuselage contours and the wing cross sections
are first input and expressed in algebraic form; then, through
a proper discretization, the grid points are distributed on the
wing and fuselage surfaces.

To define a wing geometry, a number of airfoil sections at
different span locations are required. These airfoil sections
are interpolated to a fixed chordwise distribution to ensure
that corresponding points at each span station are at the
same x/c location. This wing definition is linearly inter-
polated to define the streamwise cuts at span stations
specified by the grid-generation code.

The fuselage surface is input at several longitudinal sta-
tions as cross sections that are defined in the physical (x,y,z)
coordinate system. These cross sections are then transformed
to the polar coordinates (r,6) with the origin at their cen-
troids. Each (r,6) cross-section definition is then represented
by an analytical function, r(0), through a Fourier series
transformation. The Fourier series is then used to unwrap
the fuselage surface about an arbitrary reference line to yield
the curvilinear coordinates (x,d). A numerical iterative
scheme was developed to determine the intersection point of
a constant percent chord line on the wing with the fuselage
cross-sectional contour. Using this procedure, a precise wing-
fuselage intersection line is computed accurately in the
physical space.

The grid points on the fuselage surface are distributed
through the application of the so-called "wind tunnel map-
ping" function to be briefly described later. The grid
distributions on the wing surface along each streamwise cut
are contoured in the spanwise direction according to the
computed intersection line. This allows clustering of mesh
points near the fuselage, which is sometimes necessary to
compute pressures on the fuselage more accurately.
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a) Physical. b) Computational.
Fig. 1 Physical and computational spaces of KGRID.

a) Physical.
Fig. 2 Physical and computational spaces of PGRID.

Given the grid distributions computed on both the wing
and fuselage surfaces, a hybrid mapping/numerical grid-
generation scheme is then developed to distribute grid points
in the flowfield. This will be described in the following
section.

Grid-Generation Scheme
Two wing-body grid-generation codes, referred to as

KGRID and PGRID, are considered, which use different
grid topologies.

KGRID makes use of the same topology as FLO-28 and,
therefore, can be used for the wing-alone case. Grid lines in
all vertical planes parallel to the fuselage axis form C
meshes, while grid lines in vertical planes perpendicular to
the fuselage axis and in horizontal planes form H meshes.
Grids are constructed by applying a transformation to map
the fuselage onto the vertical symmetry plane (Fig. 1).
PGRID makes use of a topology similar to FLO-30. This is
different from the topology of FLO-28 and KGRID in that
grid lines in planes perpendicular to the fuselage axis form O
meshes and the fuselage and symmetry plane are mapped to
two perpendicular coordinate surfaces in the computational
space (Fig. 2). As a result, PGRID is more efficient in grid
distribution than KGRID for the wing-body configurations.
In KGRID, the spanwise far field is chosen to be a vertical
plane, while in PGRID, the fuselage and the far-field bound-
ary surfaces are described by two elliptic paraboloidal sur-
faces. Between these two boundary surfaces, a sequence of
elliptic paraboloidal surfaces is generated. C-type meshes,
generated by the so-called "wind tunnel mapping" func-
tion,1'2 are distributed on each coordinate surface in both
KGRID and PGRID.

A general elliptic paraboloid can be expressed as

y2

a 2 ( x ) b2(x) c(x) (1)

If a reference curve with d = Q is chosen to pass through the
leading- and trailing-edge points of the wing cross section on
the elliptic paraboloidal surface, a curvilinear coordinate
system (x,d) on the surface can be obtained. The coeffi-
cients a, b, and c are chosen according to the grid distribu-
tion on the symmetry plane and wing planform. The (x,d)
coordinates are transformed to (£,17) coordinates according
to the following wind tunnel mapping function:

(2)

where (x,d) coordinates are scaled such that the singular
point, located half the leading-edge radius inside the leading-
edge contour, is at (&i2,0). A mesh constructed by nearly
constant £ and t\ lines in the (£,17) plane is transformed to a
C mesh on an elliptic paraboloid in the physical space.

The application of the mapping function maintains the or-
thogonality of the grid system in the mapped plane, but
generally not in the other two cross planes, especially for
cases where fuselage cross sections cannot be approximated
by an ellipse. To improve the grid distribution near the
fuselage surface in the fuselage cross plane, a numerical grid-
generation scheme was developed. A system of elliptic equa-
tions can be formulated, as suggested in Ref. 6, based on the
Cauchy-Riemann condition in the physical domain which
satisfies the orthogonality condition. If f and rj are assumed
to be the real and imaginary parts of an analytical function
Q = £+iiq of the complex variable a = s + it, where s and t are
curvilinear coordinates on the coordinate surface, then the
Cauchy-Riemann conditions can be differentiated to yield

=°

(3)

(4)

Frequently, it is desirable to introduce stretching functions
so that mesh lines can be concentrated in regions of expected
high gradients. In order to maintain orthogonality, stretch-
ing in the two directions must be uncoupled, that is,

(5)

(6)

where Z and Y are the coordinates in the computational
plane.

If both linear and quadratic stretching are considered in
Eqs. (5) and (6), the elliptic equations (3) and (4) can be
rewritten as6

+ C2sY + C4sY = 0

where

(7)

(8)

(9)

(10)

(11)

(12)

The coefficients Cj and C2 account for the linear stretch-
ing. By applying the Cauchy-Riemann condition, the ratio of
Ci to C2 can be expressed as

(13)

The coefficients C3 and C4 account for the quadratic stretch-
ing. These coefficients were computed explicitly in Ref. 6
and were found to be important in maintaining the mesh or-
thogonality in a highly stretched grid. A more thorough
study reveals that these coefficients can be computed im-
plicitly during a stable iteration scheme by using the follow-
ing relations:

(14)

(15)
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In the physical space, curvilinear coordinates (s,t) can be
linearly transformed to Cartesian coordinates (x,y,z)\
therefore, Eqs. (7) and (8) can be rewritten as

(16)

(17)

(18)

QJCZZ + C2xYY + C3jcz + C4xY = P(Z, Y)

Ctfzz + C2yYY + C3yz + C4yY = Q(Z,Y)

, Y)

where

(19)

(20)

(21)

(22)

The source terms P, Q, and # are added to the right-hand
side of the equations because a certain degree of local mesh
nonorthogonality may be unavoidably introduced when
prescribing boundary points. The source terms can be com-
puted explicitly along the boundaries and can be distributed
into field points such that nonorthogonal grids along the
boundary can change smoothly to orthogonal grids away
from the boundaries. A line relaxation scheme was
developed to solve the preceding equations with adequately
prescribed boundaries.

It should be pointed out that the system of equations
described in Eqs. (16-18) is different from Thompson's equa-
tions,9 which are derived from another Cauchy-Riemann
condition in the transformed domain. It can be shown that
the original Thompson's equations can also satisfy the or-
thogonality condition in the physical space if the grid stretch-
ing is linear. However, if the grid stretching is nonlinear,
Thompson's equations do not satisfy the orthogonality con-
dition and, therefore, require various forms of source terms
to control mesh sizes and orthogonality in various regions.
The determination of these source terms is generally region-
dependent; therefore, the mesh control is accomplished
locally. In the present method global mesh control can be
made by carefully prescribing nearly conformal boundaries
and solving the equations that satisfy an approximate or-
thogonality condition. The grid system thus obtained is nearly
orthogonal, at least in two planes, i.e., the mapping and
fuselage cross planes, while the orthogonality of the grid
system in the third cross plane can be well maintained by
smoothly varying the coefficients defining the elliptic
paraboloidal surfaces.

The hybrid mapping/numerical grid-generation method
thus developed for KGRID and PGRID retains the simplicity
and orthogonality of a mapping-generated grid in the far
field, and also maintains the generality of a numerically
generated grid in the near field. The mapping procedure is
economical in generating grids away from the surfaces, and
generally provides nearly conformal grids along the bound-
aries before the application of the numerical grid-gen-
eration procedure. Because the numerical procedure is
applied only in the near field, the total computing cost is
only a fraction of what it would be if it were applied
everywhere. However, the main advantage of the present
method is its ability to maintain the grid orthogonality
almost everywhere in the flowfield. Precise mesh control can
be exercised in the far field by applying the mapping pro-
cedure, while almost equally precise mesh control can also be
exercised in the near field by solving the nearly conformal
elliptic equation numerically.

a) Case G.

b) Fighter.
Fig. 3 Input geometries.

a) KGRID. b) PGRID.
Fig. 4 Grid distributions obtained by KGRID and PGRID on a typical
fighter fuselage cross section.

Typical results obtained from KGRID and PGRID are
presented in Figs. 3-6. The input geometries for a typical
high-wing, wide-body military transport configuration,
designated case G, and a typical fighter wing-body con-
figuration are shown in Fig. 3. Case G has a landing gear
pod underneath the wing, while the typical fighter configura-
tion has a complex inlet entrance face that is currently
modeled as a no-flux solid surface. Both the gear pod in case
G and the inlet in the typical fighter configuration represent
geometric complexities that are difficult to model in other
wing-body codes. In Fig. 4 the grid distribution obtained by
KGRID and PGRID on a fuselage cross section for the
fighter configuration is presented. By solving Eqs. (16-18)
iteratively with proper source terms included, grid lines are
conformed to the boundary surfaces and intersect the bound-
aries at acceptable angles. In both the KGRID and PGRID
solutions, a total of 160x24x32 mesh cells is used.
However, because of improved grid distribution, the total
number of grid points on the fuselage surface in PGRID is
twice that in KGRID, resulting in a better fuselage defini-
tion, or for the same number of wing/fuselage surface grid
points, the total number of grid points in the flowfield can
be reduced by 50% in PGRID. In addition, KGRID exhibits
undesirable mesh distortion near the crown line corner as
shown in Fig. 4a. Figure 5, showing horizontal views of case
G, illustrates the superiority of PGRID over KGRID and
FLO-30 in distributing points near the fuselage nose. The
clustering of grid points near the fuselage nose is essential to
resolve local high-pressure gradients. Figure 6 shows oblique
views of the A-7 and emphasizes the singular line that must
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Fig. 5 Grid distributions obtained by KGRID, PGRID, and
FLO-30 on a horizontal plane.

a) PGRID. b) FLO-30.
Fig. 6 Comparison of grid distributions on A-7 wing-fuselage sur-
face obtained by PGRID and FLO-30.

be present in FLO-30, but not in PGRID. The cylindrical
transformation used in generating the FLO-30 grid is
singular along a line upstream of the fuselage nose. The
singularity merges several coordinate lines to a straight line
running from the fuselage nose to upstream infinity, thus
creating an artificial sting with a highly distorted mesh in its
neighborhood. Furthermore, the FLO-30 grid has a poorer
fuselage geometry definition in the nose area because only
about two-thirds of the C-mesh lines are used to define the
surface geometry, while the other one-third is wasted in
defining the artificial sting.

Potential Flow Solver
A multigrid transonic potential flow solver, FLO-27MPG,

was developed by modifying the wing-alone code FLO-27M
for the incorporation of KGRID. The topology of KGRID is
similar to that of FLO-27M in the computational space. This
allows the extension of the wing-alone code to handle a
wing-body configuration simply by replacing the wing-alone
grid with a wing-body grid. This can be done without modi-
fying the flow equation solver. Therefore, it also retains the
capability to compute wing-alone solutions. Another
multigrid transonic potential flow solver, DFLO-30, was
developed by modifying FLO-30M, a multigrid version of
FLO-30, for the incorporation of PGRID. In FLO-30, no
valid flow equation can be applied along the singular line
upstream of the fuselage nose because of the singularity of
the Jacobian transformation, therefore, the reduced poten-
tial function is explicitly set to zero along this singular line.
This condition is equivalent to a nearly freestream condition,
and thus not appropriate, especially near the fuselage nose
where significant pressure gradients exist, and therefore
restricts the application of FLO-30 to certain wing-body com-
binations where the fuselage nose effect is not pronounced.
The singular line is not present in PGRID. Therefore,
this difficulty does not appear in DFLO-30.

The basic finite volume formulation has been introduced
in Refs. 1 and 2, while the multigrid scheme used in both
FLO-27M and 30M has been described in Refs. 3 and 4. A
first- and second-order, fully conservative and partially con-
servative scheme of Chen7 was incorporated into DFLO-30.
The partially conservative solutions are obtained by ad-
justing an artificial mass flux added at the shock points.
Details of the scheme can be found in Ref. 7 and will not be
duplicated here. However, an alternative form of artificial
viscosity is considered here for a possible simulation of non-
conservative solutions that have been obtained by using ex-
isting nonconservative schemes, such as in FLO-22. To in-
troduce such an artificial viscosity, the second derivatives of
the potential function </> in the streamwise direction, s, can
be expressed in the computational space as

(23)YZ + 2UW(I>XZ)

where U, V, and W are contravariant components of velocity
vectors, and q is the magnitude of the velocity.

If only the leading terms on the right-hand side of the
above equations are considered, a first-order nonconser-
vative artificial viscosity H can be introduced at point (i,j,k)
by applying an upwind differencing to the (a2 - q2)4>ss term
in the governing equation at supersonic points as follows:

In the above equation,
as

-l^ij-nk + ̂ ij^nk)] (24)

is the switching function defined

. 0 1 / / A : (25>

where a is the speed of sound and m and n = ± 1, according
to the local flow direction.

The artificial viscosities in both the spanwise and surface
normal directions are currently being ignored. H is then
added to the governing finite difference equation derived by
applying the finite volume scheme.

A first-order partially conservative scheme7 can be
developed by applying the following artificial viscosity:

(26)

(27)

at shock points, the first subsonic points just downstream of
the shock. A second-order partially conservative scheme7 can
be developed by applying the following artificial viscosity:

"^ D / U,k~ D

at supersonic points, and

D :.2mJ,k D

at supersonic points, and

5 5 D

at shock points. Ps in Eqs. (27) and (29) is the parameter
controlling partially conservative differencing. If P5 = l,
Out/2 '4> xx) / 'D is conserved along / lines, and the scheme is
fully conservative. If P5<1, a numerical mass flux is intro-
duced at the shocks, modifying the shock location and
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Fig. 7 Comparison of first-order fully conservative, partially conservative, and nonconservative solutions.
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Fig. 8 Comparison of computed A-7 solutions with test data at Mx =0.85 and a = 4.68 deg.
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FUSELAGE ISOBARS IN SIDE V I E W

A-7 W I N G ON SEMI - INF I N I T E FUSLAGE ( 5 . / .65/2.5/ .25/ .5/ 1 .33)
MACH NO. = 0.850 ALPHA = i*. 680 DEG. CPMIN = -0.42 REF: DFLO-30
REY-MAC = 0.0 MIL. CL = 0.046 CPMAX = 0.83 06/01/84

HEAVY LINE INDICATES ISOVALUE = -0.8000
DASHED LINE INDICATES ISOVALUE = 0.0000

INCREMENTS IN ISOVALUE = 0.0500

Fig. 9 Computed isobars on the A-7 fuselage surface.
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Fig. 10 Comparison of computed typical fighter configuration solutions with test data at M^ =0.900 and a = 4.84 deg.

strength. More detailed discussions of the partially conser-
vative schemes have been given in Refs. 7 and 8. In an earlier
study,10 a two-dimensional channel flow calculation was
made by applying both the first- and second-order partially
conservative schemes, and the computed shocks in the chan-
nel were compared with the shock analytically obtained by
the Rankine-Hugoniot relation. The study reveals that
P5 = 0.2-0.3 generally produces shocks in good agreement
with the Rankine-Hugoniot shocks. A similar conclusion was
obtained by Lock.11

Numerical Results
Several wing-body configurations have been analyzed.

These include the ONERA-M6, A-7, F-15, Douglas case G
and wind tunnel models LB-435, LB-488, and LB-506. Some
of them are extremely low-wing configurations such as
LB-435 and LB-506, and some are extremely high-wing con-
figurations, such as the F-15 and case G. Some have long
and slender transport fuselage forebodies, such as LB-435,
while some have sharp fuselage noses, such as the A-7 and
F-15 configurations. Typical solutions obtained by using the
PGRID/DFLO-30 code are presented in the following. More

solutions can be found in Ref. 12. Unless stated otherwise,
160 mesh cells are used in the unwrapped wing cross-
sectional direction, 16 cells in the wing surface normal direc-
tion, and 32 cells in the span wise directions. Converged solu-
tions are normally reached within 55 work units when the
number of supersonic points computed in the flowfield
ceases to change.

Comparisons of the fully conservative, partially conser-
vative, and nonconservative solutions are presented in Fig. 7
for the LB-488 wing-body without viscous corrections. Solu-
tions are obtained at M^^O.81 and ce = 0.47 deg. The fully
conservative solution shows an undesirable preshock re-
expansion near the 75% semispan location. This re-
expansion tends to become more serious when the shocks
become stronger. The partially conservative solution was ob-
tained by setting Ps = 0. This is equivalent to adding
numerical mass flux to account for the stagnation density
change (or entropy change) across the shock and thus mov-
ing the shock upstream, and resulting in a weaker shock.
The nonconservative solutions, obtained by applying Eq.
(24), are very similar to the partially conservative solutions,
except that the shock strength predicted in the nonconser-
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FUSELAGE ISOBARS IN SIDE VIEW

F-15 WING , TRUE FUSELAGE (APPROX. *3.) WING LOCATION LOWERED
MACH NO. = 0.900 ALPHA = 4.840 DEC. CPMIN = -1.76 REF: DFLO-30
REY-MAC = 0.0 MIL. CL = 0.244 CPMAX = 0.50 05/31/8H

HEAVY LINE INDICATES ISOVALUE = -0.9000
DASHED LINE INDICATES ISOVALUE = 0.0000

INCREMENTS IN ISOVALUE = 0.0500

Fig. 11 Computed isobars on an F-15 fuselage surface.
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Fig. 12 Comparison of convergence histories of FLO-22,
KGRID/FLO-27MPG, and PGRID/DFLO-30 solutions.

vative solution is slightly weaker, and after-shock re-
expansion is generally smaller near the midspan. When
coupled with a viscous flow calculation,13 it was found that
the nonconservative solutions generally agree better with test
data than either fully or partially conservative solutions,
especially in the prediction of shock strength and after-shock
re-expansion.

A second-order partially conservative solution obtained
with P5 = 0.25 for the A-7 wing-body is presented in Figs. 8
and 9 for M^ = 0.851 and a = 4.68 deg. Figure 8 presents a
comparison of the computed solution with test data.14 Also
shown is the FLO-30 solution obtained by a line relaxation
scheme.15 The present DFLO-30 solution agrees with test
data better than the FLO-30 solution. Near the wing root,
the FLO-30 solution overpredicts the lower surface pressure,
probably due to inadequate modeling of the fuselage nose.
At 63.4% semispan, the present solution predicts shock loca-
tion better due to the use of the second-order partially con-
servative scheme. Figure 9 shows computed isobars on the
A-7 fuselage surface for the same flow condition. Solutions
obtained for the F-15, at M00= 0.900 and a = 4.84 deg are
compared with test data16 in Fig. 10. For a better geometry
representation of the complex fuselage cross section, 24 mesh
cells instead of 16 mesh cells are used in the wing surface
normal direction. Both the first- and second-order partially

conservative solutions are computed with P5 = 0.25. The
second-order solution seems to resolve the experimentally
observed double shock slightly better than the first-order
solution. Figure 11 presents computed isobars on the F-15
fuselage surface. Evaluation of the quality of the grids is greatly
aided by examining the isobar plots on the fuselage and wing
surfaces. Because the side-mounted inlets on the F-15 fuselage
were assumed to have no mass flux, and because their geometric
representation was only approximate, the isobar solutions
show slightly undesirable pressure peaks near the inlet leading
edge. The solution is reasonable and well behaved elsewhere.

The convergence rates of typical FLO-22, KGRID/
FLO-27MPG, and PGRID/DFLO-30 solutions are com-
pared in Fig. 12 for the case of Fig. 7. The
PGRID/DFLO-30 run converges better than either of the
others. Since both DFLO-30 and FLO-27MPG apply the
same multigrid scheme and the far-field locations in both
solutions are about the same, the improvement of the con-
vergence rate in DFLO-30 is probably due to the improved
grid topology. The "reduction per work unit" shown in the
figure is an average reduction of average residual per the
equivalent computational effort of a fine-mesh iteration dur-
ing the first 55 work units. In both FLO-27MPG and
DFLO-30 runs, 14 multigrid cycles are used. Each multigrid
cycle consists of three fine-mesh iterations, nine iterations
each in the next two subgrid levels; and eight iterations in the
coarsest subgrid level; therefore, one complete multigrid cy-
cle is equivalent to 4.28125 work units. The value of reduc-
tion per work unit is 0.917 for the FLO-22, 0.926 for the
FLO-27MPG, and 0.9035 and 0.8955 for the DFLO-30 solu-
tions. Typical reduction per work unit for the same number
of total work units shown in Ref. 4 for a typical FLO-30M
solution is 0.92. The improvement of the convergence rate of
DFLO-30 over that of FLO-30M could also be due to the im-
proved mesh orthogonality near the fuselage nose.

Conclusion
A general and efficient transonic wing-body code,

PGRID/DFLO-30, has been successfully developed. In
FLO-22 and FLO-28 (or KGRID), unnecessary clustering of
grid points occurs on the top and bottom far-field bound-
aries. The improved grid topology used in PGRID dis-
tributes usable grid points effectively between the near and
far fields so that unnecessarily clustered grid points in the
far field have been reduced significantly, resulting in a re-
duction of 30-50% of the grid points required in FLO-28
or 22 for a solution of equivalent accuracy. The convergence
of solutions in DFLO-30 has been accelerated due to improved
grid orthogonality. The overall improvement of the computa-
tional efficiency has made a PGRID/DFLO-30 wing-body run
about 30% cheaper than a typical FLO-22 wing-alone run,
while a typical KGRID/FLO-27MPG remains about 30% more
costly than a typical FLO-22 run. Improved shock calculations
have been obtained by introducing partially conservative and
nonconservative artificial viscosities into a finite volume
method.
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